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1. Abstract

Currently, the Department of Defense (DOD) and the
commercial airline industry are utilizing the Instrument Landing
System (ILS) during aircraft landings for precision approaches. The
replacement system for the aging ILS was thought to be the
Microwave Landing System (MLS). Instead, use of the Global
Positioning System (GPS) is now thought to be a viable replacement
for ILS precision approaches. The majority of current precision
landing research has exploited “stand-alone” GPS receiver
techniques. This paper instead explores the possibilities of using an
extended Kalman filter (EKF) that integrates an Inertial Navigation
System (INS), GPS, Barometric Altimeter, Pseudolitc and Radar
Altimeter for aircraft precision approaches. This paper shows that
integrating the INS, GPS, Barometric Altimeter and Radar Altimeter
meets Federal Aviation Administration (FAA) requirements for a
Category I precision approach, and additionally integrating a single
Pseudolite meets FAA requirements for a Category II precision
approach.

2. Introduction

This paper concentrates on setting up reliable models for a high
(0.4 nm/hr CEP), medium (2 nm/hr CEP) and low accuracy INS (4
nm/hr CEP) to cover the range of accuracies from DoD and airline
systems to cheaper systems for civil aviation, GPS (5 channel
receiver, Sm vertical and 4m horizontal precision, 16), Baro
Altimeter (50 - 150ft, 1o), and Radar altimeter (1% of altitude +1ft,
10). This research also develops a generic precision approach flight
profile (using PROFGEN [30]) that encompasses a majority of
aircraft types. Lastly, this paper utilizes a single ground-based SV
(pseudolite) and available true post-processed ephemeris data [6],
instead of computer-simulated orbit functions [2,16.29,32,36]. Once
all the above elements are in place, the Multimode Simulation for
Optimal Filter Evaluation (MSOFE) {31] is utilized to perform
extended Kalman Filter integration analysis.

3. Assumptions

This section outlines the assumptions that have been made in
this paper.
i. All work has been conducted through computer simulation. The
“real” world in the simulation is modeled as a full-order truth error-
state model. The full-order truth and filter models are presented in
Section 6.
2. The INS platform is assumed to be stabilized with a barometric
(baro) altimeter. An INS platform is unstable without an outside
measurement source in the vertical channel [4]. While a baro
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altimeter is not the only way to stabilize a platform, it is a
commonly used method. The use of the baro altimeter is included
in the modeling of the system. The majority of commercial and
military aircraft utilize a radar altimeter in a stand-alone mode for
terminal approaches to a runway. This paper will instead exploit the
radar altimeter as an independent measurement device feeding an
extended Kalman filter. The radar altimeter measurements will be
utilized at altitudes below 3000 feet above ground level (AGL). In
summary, this paper will use both the barometric and radar altimeter
measurements.

3. A sample pcriod of onc sccond has been chosen (unless
otherwise noted) for the EKF. The sample period refers to how
often the GPS and radar altimeter measurements will be brought
into the EKF. Past AFIT research has used a variety of sample
periods, varying from two to ten seconds [29,32]. The decision to
use one second sample period is based primarily on the typical
availability of the GPS measurement in the real world. Though the
author is aware of a few GPS receivers which output measurements
at a rate of ten times a second (10 Hz), a one second sample period
is chosen as a good, representative design choice.

4. The computer simulations have been developed using a program
called Multi-mode Simulation for Optimal Filter Evaluation
(MSOFE) [31]. MSOFE is well-established Air Force software to
develop and test Kalman filter algorithms.

5. The computer-simulated flight profile has been generated by the
program PROFGEN [30]. PROFGEN is designed to work with
MSOFE to provide the necessary data files to simulate dynamic
flight profiles.

6. The plotted outputs are generated by the commercial software
package MATLAB [38].

7. The SV ephemeris data using System Effectiveness Model
(SEM) [10] software was obtained from the Coast Guard BBS. The
ephemeris data is post-processed by the U.S. Department of
Commerce. National Geodetic Information Branch [6].

8. The four SVs chosen to range during operation of MSOFE and
the FLIGHT profile arc chosen based on the indicated results of the
System Effectiveness Model (SEM3.6) software from [10] based on
position dilution of position (PDOP).

9. The simulation software, MSOFE and MATLAB, has been
coded to run in double precision to increase the numerical stability
and precision of the simulation. MSOFE software utilizes a U-D
factorization algorithm to increase the numerical stability in the
Kalman filter measurement update equations [26,31].

10, The MSOFE runs are conducted using 15-run Monte Carlo
analyses. While a larger batch size for the Monte Carlo analysis
would be preferable, this valuc has been chosen to keep the
computational burden within rcasonable bounds, while maintaining
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adequate confidence that the resulting sample statistics properly
reflect the true underlying statistics.
11. It will be assumed for this paper that, when radar altimeter
measurements are available, the earth’s surface will be modeled as
flat and referenced approximately to the INS-indicated altitude
(referenced to WGS-84 ellipsoid). This assumption will definitely
have to be “upgraded” to a more realistic radar altimeter scenario at
a later time by possibly using a databasc that contains “height of
terrain” for specific locations on the earth.
12. The INS will have had a “normal™ 8-minute alignment and
nominal flight of sixty (60) minute duration prior to the terminal
approach phase under investigation.
13. Four SV are always available, with an average PDOP of 2.
14. The transport aircraft flight profile will:

a. Always be at less than 0.9g during entire flight.

b. Have a takeoff speed of 150 knots.

¢. Have a landing speed of 133 knots at a 3 degree

glideslope.

d. Maintain airspeed greater than 250 knots above 10.000 ft

altitude.

e. Change altitude at a rate 4000 ft/min (maximum).

f. Follow the approach plate ot [7].

4. Key Terms and Definitions

Ring Laser Gyro (RLG) Strapdown INS: By definition [21]. an
inertial navigator is a seli-contained, dead-reckoning navigation aid
using inertial sensors, a reference direction. and initial or
subsequent fixes to determine direction. distance. and speed: single
integration of acceleration provides speed information and a double
integration provides distance information.

The strapdown system is mechanized by mounting three gyros
and three accelerometers directly to the vehicles for which the
navigation function is to be provided. An onboard digital computer
keeps track of the vehicle’s attitude with respect to some reference
frame based on information from the gyros. The computer is thus
able to provide the coordinate transformation necessary 1o
coordinatize the accelerometer outputs in a computational reference
frame.

RLG construction typically consists primarily of an optical
cavity, a laser device, three or four mirrors. a prism, and a pair of
photo detectors {34,36]. The RLG operates as foilows [18.34.36].
the laser gyro detects and measures angular rates by measuring the
frequency difference between two contra-rotating (laser) beams.
The two laser beams circulate in the "ring" cavity simultaneously. If
the cavity is rotating in an inertial sensc. the propagation times of
the two light beams are different. The delay manifests itself in the
form of a phase shift between the two beams, and the phase shift is
detected by a pair of photo detectors [34.36]. Devices of this type
are extremely reliable due to the absence of moving parts [34.36].

Specific force is measured by accelerometers.  The most
common accelerometers to date have been devices which are

sophisticated variations of the simple pendulum [4.36]. To obtain
the correct measure of inertial acceleration. the effects of local
gravity must be removed from the measured specitic force [4.33].

Barometric Altimeter: A shortcoming of any INS is the instability
present in the vertical channel which (in the absence of aiding
information) results in unbounded error growth in vertical position
and velocity [2.4,14.33]. This inherent instability is controlled by
vertical channel aiding. Such aiding is frequently accomplished in
vertical position information provided from a barometric altimeter.
This external altitude information has the effect of stabilizing the
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vertical channel [4].  Barometric altimeters are most inaccurate
when ascending or descending at rapid rates (especially noted with
fighter aircraft) but are relatively low cost.

Global Positioning System (GPS): GPS navigation presents
opportunity for standardized worldwide civil aviation operations
using a common navigation receiver [12]. GPS is a space-based
positioning. velocity and time system that has three major segments:
Space. Control and User.

GPS Space Segment: The GPS Space Segment is composed of 24
satellites in six orbital planes. The satellites operate in near-circulur
20.200 km (10,900 NM) orbits at an inclination angle of 55 degrees
and with =12-hour period. The spacing of satellites in orbit is
arranged so that a minimum of five satellites will be in view to users
worldwide, with a position dilution of precision (PDOP) of six or
iess. PDOP is a measure of the error contributed by the gecometric
relationships of the GPS satellites as secn by the GPS receiver {9].
PDOP is mathematically defined as:

PDOP=(c> +c+c)"

where G:,.Of andG? are the variances of the x, Vv and 2 pscudorange
mecasurement position errors [9]. Each satellite transmits on two L
band frequencics, L1 (1575.42 MHz) and L2 (1227.6 MHz). LI
carries a precise (P) code and a coarse/acquisition (C/A) code. L2
carries the P code. A navigation data message is superimposed on
these codes, The same navigation data message is carried on both
frequencies.

GPS Control Segment: The Control Segment has five monitor
stations. three of which have uplink capabilitics.  The monitor
stations use a GPS receiver to track all satelfites in view passively
and thus accumulate ranging data from the satellite signals. The
information {rom the monitor stations is processed at the Master
Control Station {MCS) to determine satellite orbits and to update
the navigaton message of cach satellite. This updated information
Is transmitted 1o the satellites via the ground antennas. which are
also used tor transmitting and receiving  satellite  control
information,

GPS User Segment: The User segment consists of an antenna and
receiver processors that provide positions. velocity and precise
timing to the respective uscr. Computing the user's positional
information typically requires simultancous solution of the
following four nonlinear position equations [9]:
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u, ty, uy, is the user position the GPS user equipment is
solving numerically and recursively
Cp = the user clock bias (user equipment solves)

Normally the user equipment needs to acquire and maintain
lock on four satellites in order to compute a 3-D position fix {28]
and the clock bias Cg. The GPS pseudorange between the user and
each satellite is computed based on knowledge of time (the master
GPS clock) and the unique signal format which is broadcast by cach
satellite. Once the four pseudo-ranges are known. a recursive
algorithm is solved to compute the user’s position {28]. Accuracy:
Stand-alone (no-aiding) GPS is typically 16 meters (military) and
100 meters (commercial) spherical crror probable (SEP). See [9]
for further references.

Radar Altimeter: A radar altimeter provides measurement of
absolute clearance over all types of terrain [17]. System operation
is based on the precise measurement of the time required for an
electromagnetic energy pulse to travel from the aircraft to the terrain
below and to return. Radar altimeters are normally all-weather

devices. Performance specifications (3-G ) are typically L [3ft +

3% of altitude range], with ® 30° pitch and E 45° roll

maneuverability at above ground level (AGL) heights. which
typically vary from O feet to 10.000 feet.

Instrument Landing System (ILS) Precision Approach: An
instrument approach, by definition [21], is the process of making an
approach to a landing by the use of navigation instruments without
dependence upon direct visual reference to the terrain. The
Instrument Landing System (ILS) is designed to provide an
approach path for exact alignment and descent of an aircraft on final
approach to a runway [8]. The ground equipment consists of two
highly directional transmitting systems, and along the approach,
three (or fewer) marker beacons. The directional transmitters are
known as the localizer and glide slope transmitters.

The localizer transmitter emits signals which provide the pilot
with course guidance to the runway centerline in the horizontal
plane. The ultra high frequency glide slope transmitter radiates its
signals primarily in the direction of the localizer front course, i.e.,
so as to measure angular vertical displacement from the desired
glide path, as seen from the side. A marker beacon light and (or)
aural tone may be included in the cockpit display to indicate aircraft
position along the localizer [8].

Aircraft Precision Landing: Formally defined by the Federal
Aviation Administration (FAA) in [11] as Category I, II or HI
precision approach. See Table 1 [23]:

Precision Approach Parameters (in feet, all 1-sigma values)
Category Azimuth Elevation
i +-28.1 +- 6.8
1 +-8.6 +-2.8
n +/-6.8 +- 1.0

Table 1. Precision Approach Accuracy Requirements at
Decision Heights
Microwave Landing System (MLS): Proposed land-based
replacement navigation aide for the ILS [23,27].
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Kalman Filter: A recursive computer algorithm that uses sampled-
data measurements to produce optimal estimates of states of a
dynamic system, under the assumptions of /inear system models and
white Gaussian noise models {22].

Extended Kalman Filter (EKF): Unfortunately, not all problems
are adequately described with linear systems driven by white
Gaussian noise. In many cases, the most appropriate model is
nonlinear. The navigation problem at hand falls squarely into the
nonlinear category. The EKF allows for relinearizing aboul newly
declared nominals at each sample time. to enhance the adequacy of
a linearization process and thus the resulting filter performance.
The extended Kalman filter equations are summarized below. The
reader is referred to [26] for details regarding their derivation.

Suppose that the nonlinear system may be described by {26]:
x(1) = f[x(t).u(1), 1]+ Gl)yw(t)

In this case, the state dynamics vector, f[-.--]. is a nonlinear
function of the state vector x(-), time ¢, and the control input
(assumed to be zero in this research). The white Gaussian noisc
w(t) has statistics E{w(t)}=0 and E{w(r)\w'r(1+r)}:Q(HSlt)\
and it still enters the dynamics model linearly. In addition. the
measurement equation may also be a nonlinear {function of the state
vector and time:

7(t;)=h{x(r), 4 1+ v(,)

The noise vector v is again zero-mean. white and Gaussian. entering
the measurement equation linearly, and its covariance is described

by
E{vi v (1)} = {

Measurements arc incorporated into the extended Kalman filter via
the following set of equations {261:

R(t) fort, =1,

0 fori; #1,

K(t)= P(zf)HT[I,-;f((r,’)]{H[ri;i(t,")]P(t,-’)[{rlt,:i(l,»’)HR(I, )}_“
() =&(0) + K1)z, — bR 00}

P(17) =Pt )= K H1; X(6)IP())
where

Hl:,:x()l= ohix.1} !
ox |

X =X(i)
The state estimate and covariance are propagated from ¢, to /., by
integrating the following equations [26]:

X(t/ ey =E[X(t/¢).u(e),1]
Pt/ y=Flax(t/ 1 )]P(t/t,.)+P(t/z,)FT[z;i(t/t,)J+G(z)Q(z)(;7(z)

where
éf[x(t),t,‘]

FlX(1 /1)) = 3
X

x=x(r/1,)



and the initial conditions are:
CX(1 /1) =x()
P, /1) =PU])

The equations shown above for the extended Kalman filter are
programmed into the MSOFE shell {31] for the problem defined by
this paper. It is the fact that the cxtended Kalman filter is
relinearized about each successive estimatc of the state X(1)which
“enhances the validity of the assumption that deviations from the
reference (nominal) trajectory are small enough to allow linear
perturbation techniques to be employed™ {26].

5. Landing System Computer Model

The Landing System Model (LSM) depicted in Figure 1 and
Figure 2 illustrates the overall goal: GPS and radar altimeter
measurement information must be fed into an extended Kalman
filter to determine the errors, dx, in the INS. Our extended Kalman
filter estimates the true error, dx , of the INS with an output we note
as "8%”. Once the best estimates, 8x. are determined by our
extended Kalman filter, we then subtract them (in a feed-forward
approach) from the output of the simulated INS blackbox. The
feedforward approach is utilized in this project due to current
Federal Aviation Administration (FAA) restrictions on providing

Feedforward corrections

{Indirect method)
50 Hz INS Output

e
! = True Output +INS errors + o~
INS 5 .
. _ 4 INS corrected
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i
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L [4—*
i I |
| o ‘
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Figure 1. Overall Landing System Model (LSM) Description
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Figure 2. LSM Truth and Filter Model Block Diagram
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"feedback” to the INS. The computer modeling of the LSM is
divided into two portions, the truth model and the filter model. The
truth model represents computer-generated simulation of error
characteristics of avionics "black-boxes" and environment, that
would normally be found in the real world. Because the
information and data presented in this project was accomplished
cntirely through computer simulation, the truth model will simulate
the errors in true avionics hardware (INS, GPS, Baro, Radar
Altimeter) black-boxes. The truth model generates the measurement
updates for the LSM filter. the true flight protile of the aircraft and a
state variable baseline for evaluating filter performance [29]. The
truth mode! consists of 69 error states about their nominal values.
The fiiter model represents the LSM in its functional form, which is
the basis of the filter which could be hosted on-board an aircraft
computer. The LSM filter model is a 13-state model that has been
developed through order reduction of the truth model of [29]. The
author's approach was to begin the filter state building using the
fewest possible states that would meet precision approach landing
requirements. The 13-state LSM was chosen as a first-cut model.
An advantage of using only 13 states is that it is not over-burdening
to current state-of-the-art aircraft host computers, keeping
practicality and dollar affordability in mind. The block diagram.
Figure 2 explains how the filter and truth models interact in the
MSOFE computer simulation. ~ PROFGEN [30] provides a
simulated flight profile and the U.S. Coast Guard GPS Bulletin
Board Service (BBS) [13] provides true SV ephemeris data for any
SV.

Use of the ‘'real-world" ephemeris replaced the prior
FORTRAN ORBIT functions used by past researchers at AFIT
[2.29.36]. The best four SV were chosen by using System
Effectiveness Model (SEM) software [10] and selecting the best
(lowest) position dilution of precision (PDOP).  With this
information, the truth model is able to simulate a real world INS
navigation solution, x+8x,ys, and generate the real world GPS and
radar altimeter measurements, Rgpg and R, respectively. 'The
LSM filter in Figure 2 is represented by the Kalman filter block.
The corrections from the LSM filter are subtracted from the INS
navigation solution to generate the best possible navigation solution
available, ¥ = x+8x,y; —8%;ys [29]. The switch in Figure 2 does
not imply “either/or", instead it implies use of radar altimeter
measurements as well as GPS receiver outputs can be used. Now
that the MSOFE implementation of the LSM filter has becn
explained, the truth and filter models for the GPS, radar altimeter
and the INS subsystems will be described.

6. Models

The LSM simulation is composed of the truth model and filter.
both in error state form. The LSM truth model represents the reai
world. It consists of a total of 69 error states. The LSM filter model
is derived from the LSM truth model through error state order-
reduction. Since the LSM truth and filter models utilize crror states,
it is necessary to develop difference measurement update equations
for all the measurements. This will now be done briefly; for a more
detailed cxplanation, see [15].

INS Truth Model: The INS truth model (39 error-states) represent
a strapped-down wander azimuth system that senses aircraft motion
via gyros and accelerometers and is used as the primary source for
navigation [29]. The INS model has been derived from a medium
accuracy RLG INS 93-state model [1,24], thus the INS error state



truth model is a 39-state reduced-order version of the 93-state model
[24]. The order reduction was performed according to [29]. It was
an objective in this project to compare a medium accuracy INS (0.4
nm/hr) with a Jower quality inertial navigation systems in the range
of 2 to 4 nm/hr. The choice of error state modification to the
existing NRS INS model [29,32] to create the other two models was
based in part from personal conversations with [19]. Modifications
to the system covariance matrices for each respective INS are shown
in [15]. Only random constant shaping filter states were changed
(not the 1st order Gauss-Markov drift states, etc.). The CEP curves
for one hour of operation of the three inertial navigation systems
created in this project are shown in [15].

INS Filter Model: The INS filter model retains the essential states
from the 39-state truth model. It consists of 11 dominant error
states from the 39 state truth model. The final INS filter dynarnics
submatrix, F, as well as process noise strength Q and measurement
noise covariance R, can be found in [15].

INS Measurement Model: The two measurements other than GPS
that are used to update the filter are the barometric altimeter and the
radar altimeter. The barometric altimeter signal is used to correct
for inherent instabilities of the vertical channel in the filter. The
radar altimeter is used during landing approaches when altitudes are
below 3000 feet above ground level (AGL). The barometric
altimeter measurement equation is based on the difference between
the INS-predicted altitude, Alf;ys and the barometric altimeter-
predicted altitude Alzg,,:

0z, = Alt g — Al

Bar

Therefore it is necessary to develop the two separate measurement
signals that will be differenced to attain the proper measurement
update for the error state filter [29]. The INS-predicted altitude is
the sum of the true altitude, /;. and the INS error in vehicle altitude
above the reference ellipsoid, &4 . The barometric altimeter reading
is modeled as the sum of the true altitude, Ay, the total time-

correlated error in the barometric altimeter, &4, , and a random

measurement noise, v. Subtracting the INS-predicted altitude from
the barometric altimeter altitude we compute:

8z,, = Alt s ~ Ally,

=[h, +8h]—[h, +dh, —v]
=8h—0h, +v

Note that, since v is assumed zero mean, white gaussian noise,
statistically speaking, one can choose v with either a plus "+" or
minus "-" coefficient . The author chooses the cocfficient carefully
so that the end result shows a plus "+v" sign.

As a “first-cut” model of the radar altimeter, the measurement
equation is based on the difference between the INS predicted
altitude, Alt;yg and the radar altimeter predicted altitude, Altg,,:

8z = Altyys — Alt gy,

Note that the errors in the radar altimeter are represented totally as
white noise, with no time-correlated component at all.  Though
admittedly only a first-cut model, it should be sufficient to
demonstrate important performance trends.
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The radar altimeter measurement noise variance, R Fitrer OF Ry
is a function of aircraft altitude above ground level (AGL). The
filter model noise variance from [17]:

Rper = 110.011 *[ Radar Altitudey, 0, P} +0.25 5,
and the truth model noise variance is the same:
Rpyu = {10017 *[ Radar Altituder, , p1) 1} +0.25 1,

Note that Ry, and Ry, are both time-varying rather than
constant, due to the altitude dependency.

GPS Model: The GPS navigation system used is based on
electromagnetic signals transmitted from orbiting GPS satellites.
This model has been developed throughout research at AFIT, and
many of its fundamental concepts are addressed in a variety of
sources [25,32,35,36]. GPS generates navigation information by
acquiring the range to multiple satellites of known position, called
“pseudoranges”. The navigation information passed to the LSM
filter is the respective range and ephemeris data position to each of
four satellites [25,29]. The GPS truth model consists of 30 error
states and the GPS filter model consists of only the following two
error states (user clock bias and drift):

Skdk,, _ 01 [SRflk, + Wi

8D, [ 10 0|80y, | |Wa.
Various research efforts have shown that two states provide a
sufficient model for GPS [29,32,33]. The primary argument is that
the errors modeled by the other 28 states are small when compared
to the two states common to all SV's. By adding dynamics driving
noisc, of strength (J, and re-tuning the filter, the overall performance

of the.LSM can be maintained with the significantly reduced-order
model shown above.

GPS Measurement Model: There are four GPS scalar measurement
updates, one from each of the satellite range signals received by the
LSM filter. These measurement updates are once again difference
measurements. The GPS difference measurement is formed by

taking the difference of the INS-calculated pseudorange, R, and

measured pseudorange, R, -

SZGP.\‘ = wa - RUP\'

The real pseudorange, R .. is the sum of the true range form the

GPS
user to the satellite plus all the errors in the pseudorange signal
propagation.

Reps =R, + BRduop + Berl)p + SRion + 8R.s1-lk + BRUL'II( -V
where
R,, = GPS pseudorange measurement, from SV to user
R = true range, from SV to user
SR = range error due to code loop error

= range error due to tropospheric delay



8r,, = range error due to ionospheric delay

8R,, = rangeerrordueto SV clock error

OR,, = rangeerror due to use clock error

v = zero-mean white Gaussian measurement noisc

The second source of a range measurement is the INS itsell. R«
[29]. R,y is the difference between the LSM-calculated po.\xlion.
X and the satellite position from the ephemeris data X

This difference vector is represented below in the ECEF framec:
Yo 7|
HZH J LZ\' '

the GPS pseudorange truth model difference measurement is given
as the truncated Taylor series:

Ry = 'Xu - X\” =

8-7(;1»'.\‘ =Ry = Rps

- Xg— Xy By — Ys—Yu }6
[Rns] Ry

r 1
X X y
ST 5+ S

}Rm5| ‘R[NS‘ j' “
- i1]5Rc1,><,,, —{11BRyyp, =1 BR;,,

Bz
|R1v€| ¢

—[18Rs.5 —=[1BORy ey +v

The filter model measurement equation can therefore be written as:

- R

67'1;/’5', * Ryys = Repg

I U I _{)A ~Yu
{ |Rpws J Y TRl

= [18Ryep +v

oo

The filter measurement noise variance, R. will be tuned to attain
adequate performance despite (1) the reduction in order from the
truth model and (2) the Taylor series approximation. The
measurement noise variances for both the filter and the truth model
cquations are provided in [15].

7. Results

The sixteen integration cases shown in Table 2 were performed. All
cases use the Tanker (KC-135) flight profile of Section 5 and the P-
Code receiver always uses four SVs overhead. Cases 1 - VI show
how the additional radar altimeter measurcments can aid three
different INS's using baro altimeter and a P-Code GPS recciver.
Cases VII - IX show how use of a single ps‘eudolile measurement in
close proximity to a runway can aid three different INS's using baro
altimeter and P-Code GPS aiding. Cases X - X! show the
performance enhancements of using a single pscudolite
measurement and radar altimeter measurements.  ft should be
remembered that by no means is the location of the single pseudolite
“optimal”. No real criterion was used when sclecting the pscudolite

location. The results of Cases X - XII can be compared with Cases
(1. 111, V) - no radar altimeter or pseudolite, Cases (1. IV. VI) - just
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Case | Case JI Case 111 Case IV Case V Case VI
Baro Baro Baro Baro
Altimeter Altimeter Altimeter Alumeter
2.0 nm/ihr 2.0 nm/hr 4.0 nm/hr 4.0 nmihr
CEP INS CEP INS CEPINS
8 P-Code GPS P-Code P-Code
GPS GPS
Radar | et Radar
Altimeter Altimeter
Cuase VIE Case VIIT l Case 1X Case X Case X1 Cuse XTF
Buro Buro Baro Rar
Altmeter Alumeter Altieter Altincics
2.0 m‘w/hx 4.0 nmfhr 0.4 nm/hr 2.0 mn/hr +.0 am/he
(FP]\S CEPINS CEP INS CEPINS CEP INS CEP INS
Ie P-Coide GPS P-Code GPS P-Code GPS P-Code GPS P-Code GPS
Preudnlite Preudolite Pseudolite Radar Radar Rudar
Altimeter Altimeter Altimeter
and and and
Pscudolite Picudobite Pxendubite
Ne GPS N GPS No GPS No GPS No (iPS No GPS
Outaze Quiige Outage Outage Outage Quluge
Cuse X1IH Cuase XTIV Cuse XV Case X V1
Barometric Barometie Baromeuis
Altimeter Altimeter Alumeter
(1.4 hm/hr 2.0 nmv/hr 4.0 nm/hr 4.0 nm/hr
CEP INS CEP INS CEP INS CEP INS
P-Code GPS P-Code GPS P-Code GPS P-Code GPS
None None Nonz Radar
Altimeter
Single GPS Single GPS Single GPS Double GPS
Quiuge Qutage Outage Quiages

Table 2. Case I-XVI Integration Comparisons

radar altimeter. and Cases (VII. VIIL IX) - just pseudolite. to sce the
additional benefit of each measurement source. Case XIII - XV
shows simply a single GPS outage. with the 0.4/2/4 nm/hr INSs.
Use of the radar alumeter occurs during final approach. Case XVI
shows a double GPS outage: where use of radar altimeter occurs
during the aircraft landing. Only the 4 nm/hr INS is evaluaied for
this special case. Also. all results will be compared with Table 1.
illustrating landing performance 10 requirements at respective
decision heights. Tabular listings of the truth and filter models are
presented in {15]. Also a top and side view of the tanker aircraft
precision approach can be found in [15].

The following four tabies show the time-averaged rms crrors
for the various cases. In tables 3 - 5, the results from three diffcrent
INS's are averaged. since they were virtually indistinguishable.

Errer Siuse G o\ verage Case VIT - IX average G Change in birar
rror (feet) wue ervor (feen)
Latitude X.9 4.6 48 3%
Lo e 9.1 39 57.6%
Altitude 150 1R 21.3%
Clock Bias 9.0 4.9 45.6%

Table

)

Averaged True Error Reduction Using a Single Pseudolite

Error State C

L1V, VI average
trug eror ffeet)

Case X - X1l average
rue error (teett

G Change in Lrror

N0 4.4 50.0%

9.2 33 64

Aftitude 2.0 24 77%

Clock B 7.5 4 46.7%
Table 4. Averaged True Ervor Reduction, Case T-1V-VI vs. Case X-

NIE-XTT



Error State

Case VIL VHI, IX

Case X - XiI average

% Change in

average true error (feet) true ervor (feet) Error

Latitude 4.6 4.4 4.4%
Longitude 39 3.3 15.4%
Aliitnde 118 2.4 79.7%
Clock Bias 4.9 4 18.4%

Table S. Averaged True Error Reduction, Case VII-VII-IX vs. Casc

X-XI-X11

Error State Case VI average true Case XVIaverage % Change in
error (feet) true error (feet) Error
Latitude 8.8 9.2 4.5%
Longitude 9.4 9.7 3.2%
Altitude 23 3.6 56.5%
Clock Bi_’df 6.0) 6.1 1.7%

Table 6. Averaged True Error % Change, Case VI vs. Case XVI

Table 7 and 8 summarize all cases that met Table 1 precision
approach requirements. Note that no Category III precision
approach was deemed possible by any Case number in this project.

Precision Case Case Case Case Case Case Case Cuse
Approach 1 it 81 v v Vi vi Vi
Category
I No Yes No Yes No Yes No No
11 -~ ---

Table 7. Summary of Cases I - VIII: Precision Approach Requirements Met

Precision Case Case Case Cuse Case Case Case Case
Approach 1X X X1 X1t XIi1 X1V XV XVI
Categor
I No - - No No No Yes
11 Yes Yes Yes --- -

Table 8. Summary of Cases IX - XVI: Precision Approach Requirements
Met

8. Summary

Very few ‘“integrated” GPS/INS studies have been
accomplished with respect to implementing precision landing
approaches. Insiead, the majority of research efforts have explored
stand-alone GPS recciver technology. Instead of stand-alone GPS
techniques, this project integrated the GPS with an INS/Baro
altimeter system and a radar altimeter using an extended Kalman
filter to meet FAA Category [ and Il precision approach accuracy
requirements.

In order to accomplish project goals, this project concentrated
on setting up reliable models for three different classes of INS (0.4,
2.0 and 4.0 nm/hr (CEP) INS systems), GPS (4 channel receiver.
5m vertical and 4m horizontal precision, 16). Baro Altimeter (50 -
150 ft, 1), and Radar altimeter (1% of altitude + "floor" value. 10).
This project also developed a generic precision approach flight
profile (using PROFGEN [30]) that encompassed a majority of
aircraft types. Lastly, this project utilized a single ground-based SV
(pseudolite) and available true post-processed ephemeris data
[6,13], instead of prior simulated ephemeris data used at AFIT
[2,16,29,32,36]. Once all the above elements were in place, the
Multimode Simulation for Optimal Filter Evaluation (MSOFE) [31]
was utilized to perform extended Kalman Filter integration analysis.

Use of an existing 0.4 nm/hr, 2.0 nm/hr and lower quality 4.0
nm/hr INS, when properly integrated with a 4-channe] P-code GPS
receiver and radar altimeter, can meet the FAA Category I precision
approach. Use of an existing 0.4 nm/hr, 2.0 nm/hr and lower quality
4.0 nm/hr INS. when properly integrated with a 5-channe} P-code
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GPS receiver (one channel using a ground based pseudolite) and
radar altimeter, can meet the FAA Category Il precision approach.
These conclusions are made based on mainly four main
assumptions:

1. Error models used in this simulation are realistic to the
respective real-world black box output errors.

2. No radar altimeter measurement outages occur during the

landing approach.

When radar altimeter measurements are available. the earth’s

surface will be modeled as flat and referenced approximately to

the INS-indicated altitude (referenced to WGS-84 ellipsoid).

4. When use of the single pseudolite information is used.
ionospheric, tropospheric, pseudolite position, pseudolite clock
and multipath errors are negligible.

L2

In order to meet a Category III approach, more precise
measurements must be made available. Recommendations are as
follows:

i.  Make use of the 30 centimeter (1-6) accuracy of carrier-phase
GPS signals. now readily available in commercial receivers.
The carrier-phase information can be used for positional
information as well as heading information (using multiple
antennas) {39]. Decide whether one's algorithm will also
handle "integer ambiguity” techniques, or assume no cycle
slips. See [3.16] for more information regarding carrier-phase
integer ambiguity and cycle slips.

2. Use Differential GPS measurements at all times for North

America (assume wide-area differential will be available). The

models for fiiter design and for performance evaluation must

make the distinction of representing a C/A or P-code receiver
using differential corrections.

Maintain use of at least one pseudolite along the flight path. In

fact. current flight testing is showing that use of two

pseudolites optimally placed along the approach path is

recommended [3].

4. Use. as a minimum, six (0) independent SV measurements
(though, for any given time. use of all in-view SVs is
preferred) rather than the current (archaic) military standard of
four SVs (to minimize geometric dilution of precision (GDOP
errors). (This project only used cascs where 4 SV or 5 SV
were used at one time).

5. Obtain and use published geographic data of respective airport
terrain, $o as to reference the radar altimeter outputs to WGS-
84 ellipsoid (to match the INS positional outputs).

6. Use single filter (then continue analysis with small. non-
computer-burdening multiple filters) and perform residual
monitoring for use as a fault detection and isolation algorithm
for GPS Space Segment system errors. to compensate {or
deliberate and non-deliberate jamming and spoofing of the SV
signals. Fault detection must notify the pilot of a possible
degraded navigation solution in less than 2 seconds, while
minimizing false alarms.

7. Explore utilizing dynamic filter tuning procedures along the

approach path when using pscudolites (e.g., at a given runway,

multipat!* errors may be excessive: "R" tuning of the respective
measurement may be necessary).

(93]
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